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Abstract
In this work, the formation flight of the CubeSat cluster RODiO (Radar for Earth Observation by synthetic aperture DIs-
tributed on a cluster of CubeSats equipped with high-technology micro-propellers for new Operative services) with respect 
to a small satellite in LEO (Low Earth Orbit) has been analyzed. RODiO is an innovative mission concept funded by the 
Italian Space Agency (ASI) in the context of the Alcor program. The small satellite is equipped with an antenna that allows 
it to function as a transmitter, whereas RODiO functions as a receiver. The extension of the virtual SAR (Synthetic Aperture 
Radar) antenna can be achieved by establishing an along-track baseline performing an orbital coplanar maneuver. Another 
interesting scenario is the possibility to create a cross-track baseline performing an inclination change maneuver. Such 
formation reconfiguration maneuvers can be achieved in relatively short times only by use of a high-thrust propulsion sys-
tem, i.e., based on conventional chemical technologies. From the study of maneuvers, it is possible to identify the required 
∆V (order of magnitude of 10 m/s), which represents an input parameter for the design of propulsion system. Among the 
different kinds of propulsion systems, a Hybrid Rocket Engine was chosen. Based on the previous experience acquired by 
Department of Industrial Engineering (University of Naples Federico II), the preliminary design of the thrust chamber for 
a Hybrid Rocket Engine based on Hydrogen Peroxide (91 wt%) of the 10 N-class could be carried out, whose dimensions 
meet the compactness requirements of the CubeSat (1.5 U, 2 kg).
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List of Symbols
ΔYorbit	� Along-track baseline variation per orbit, m
�	� Argument of perigee, deg
tb	� Burning time, s

Δi	� Change in orbital inclination, deg
ΔV 	� Change in velocity, m/s
RE	� Earth radius, m
�	� Earth's planetary gravitational constant, km3/s2

e	� Eccentricity
�f	� Fuel density, kg/m3

mf	� Fuel mass flow rate, g/s
Lconv	� Length of convergent, m
Ldiv	� Length of divergent, m
M	� Mass, kg
i	� Orbital inclination, deg
Vci	� Orbital velocity of initial circular orbit, km/s
ṁox	� Oxidizer mass flow rate, g/s
OF	� Oxidant to fuel ratio
Gox	� Oxidizer mass flux, kg/ (m2 s)
p	� Periapsis, km
�ci	� Period of the initial circular orbit, s
�e	� Period of elliptical orbit, s
Dp	� Port diameter, mm
Lpost	� Post-chamber length, mm
Lpre	� Pre-chamber length, mm
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Rci	� Radius of the initial circular orbit, km
Ω	� Right ascension of ascending node, deg
ṙ	� Regression rate, mm/s
a	� Semi-major axis, km
ae	� Semi-major axis of elliptical orbit, km
Isp	� Specific impulse, s
J2	� Spherical harmonic coefficient of degree 2, km5/

s2

Itot	� Total impulse, N s
Ltot	� Total length, mm
�	� True anomaly, deg
Ṁ	� Variation in time of mean anomaly, deg/s
Ω̇	� Variation per unit time of the right ascension of 

ascending node, deg/s

1  Introduction

In recent years, the use of CubeSats has become increasingly 
popular due to their simplicity of construction, cost, and 
reduced production time compared to conventional satellites. 
These miniaturized satellites are well suited to formation 
flight for telecommunication and imaging purposes [1]. In 
this study, the formation flight of a 16U CubeSat constella-
tion (RODiO [2–4], consisting of four micro-satellites) was 
analyzed with respect to a low earth orbit (LEO) satellite. 
The objective is to perform maneuvers to extend the virtual 
SAR antenna [5, 6]. In the following sections, the orbital 
maneuvers considered were described. The phasing maneu-
ver is utilized to establish an along-track baseline, whereas 
the inclination change maneuver aims to generate a cross-
track baseline.

To execute these maneuvers, a propulsion system capable 
of providing the right ∆V and meeting the requirements of 
small size consistent with CubeSat dimensions, safety, re-
ignition and throttle capabilities is needed. A Solid Rocket 
Motor could indeed generate a substantial thrust in a brief 
burn time, which would satisfy the mission requirement. 
However, it cannot be used for the maneuvers being studied 
due to the problem of re-ignition capability (once combus-
tion is initiated in a Solid Rocket Motor, the system cannot 
be turned off and on again) as well as safety concerns (as 
fuel and oxidizer are always in contact, there is a possibility 
for spontaneous and unintended ignition). In addition, it is 
not possible to control the thrust value of a Solid Rocket 
Motor once the grain geometry is fixed and combustion is 
ignited. This is because the thrust profile is already defined 
and the flow rate exiting the nozzle cannot be modulated. 
With a Liquid Rocket Engine, the propulsion system satisfies 
controllability, re-ignition, and safety requirements because 
oxidizer and fuel are physically separated, which makes 
unintentional ignitions impossible [7]. However, the chal-
lenge with this type of rocket lies in its size and complexity, 

which demands a separate tank for each propellant, two feed 
lines, and a complicated pressurization system. An electric 
propulsion system exhibits thrust values [7] that are insuf-
ficient for the studied application and would overload the 
satellite's Electrical Power Unit.

Nowadays, there are electric propulsion systems that turn 
out to be compact and have manageable power consumption 
even for CubeSat [8]. The high specific impulse allows them 
to operate for extended mission times, therefore, they turn 
out to be very useful to compensate all or part of the aerody-
namic drag, so as to slow down the orbital decay. The thrust 
values exhibited are in the range of 300 μN to 900 μN which 
does not provide the ability to perform orbital maneuvers in 
rapid time. As will be seen below (in Sect. 3), for the total 
impulse required (on the order of hundreds of Newton sec-
onds) with a typical electric thruster, ignition of the rocket 
would last for days. This deviates from the assumption of an 
impulsive burn and prevents the possibility of orbital maneu-
vers in a few orbital periods (such as the phasing maneuver, 
in depth discussed in Sect. 2). Another option is using mono-
propellant thrusters [9]. Due to their simplicity and small 
size, they can be safely installed on a CubeSat. However, 
the low specific impulse value, resulting in increased system 
volume, limits its effectiveness for the applications discussed 
in this paper. Several studies propose the use of cold-gas 
propulsion systems for CubeSats, primarily as actuators for 
attitude control systems [10, 11]. According to [10], these 
thrusters typically provide milli-Newton thrusts with low 
specific impulses, typically around 100 s [11]. Therefore, 
there is a need for volumes that are not compatible with the 
small size requirements of CubeSats.

Based on these factors, the decision was made to use a 
Hybrid Rocket Engine, which provides the necessary thrust 
values for maneuvering. Since the oxidizer is in liquid form, 
the fuel is in solid form, and they are stowed separately, the 
risk of unwanted ignitions is averted. Finally, the propulsion 
system provides a single feed line for the oxidizer, making it 
simpler than that of a Liquid Rocket Engine. In recent years, 
numerous studies have been performed on Hybrid Rocket 
Engines, evaluating their internal ballistics [12], assessing 
the performance of various oxidant-fuel pairs [13], and con-
sidering different thrust classes (200 N [14], 1 kN [15]). 
Based on the research group experience on larger-scale 
hybrid rockets, a 10 N thruster was designed, that is com-
patible with the dimensions of a CubeSat. Additionally, it 
should be noted that recent research has focused on the use 
of hybrid propulsion systems for CubeSats and other satel-
lites [16, 17]. However, this research pertains to outer planet 
exploration missions and requires rocket designs on a differ-
ent scale than the one discussed in this study, which focuses 
on reconfiguration maneuvers and a 10-N thrust scale.

Using GMAT (General Mission Analysis Tool) [18] an 
estimation of the maneuvers ∆V budget was obtained. The 
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simulations validate the results obtained from Keplerian 
mechanics. On identifying the maneuvers’ costs, a prelimi-
nary design of the Hybrid Rocket Engine for the CubeSat 
was carried out taking into account the results obtained by 
Mungiguerra et al. reported in [19], complying with the 
requirements for propulsion unit volume (< 1.5 U) and mass 
(< 2 kg).

2 � Orbital Maneuvers Analysis

The study of orbital maneuvers is achievable through the 
application of Keplerian mechanics. In this study, it is 
assumed that the ∆V application is impulsive, providing an 
instantaneous change in velocity, and therefore, neglecting 
the effects of burn finiteness. This assumption was made 
due to the inability to determine the thruster's burning time 
a priori.

The burning time can only be calculated after determin-
ing the necessary ∆V to execute the maneuvers, given the 
satellite's mass and thruster's effective thrust. As the firing 
time obtained through subsequent paragraphs is signifi-
cantly less than the characteristic times of the maneuvers, 
the assumption of instantaneous burning does not affect the 
results of the orbital maneuvers' analysis.

2.1 � Satellite Characteristics and Assumptions 
for Orbital Maneuvers

The CubeSat RODiO constellation is composed of four sat-
ellites equipped with a receiving antenna, while the LEO 
satellite is equipped with a transmitting antenna. The LEO-
satellite is moving on a quasi-circular Sun-Synchronous 
Orbit (eccentricity ≈ 10–3, inclination ≈ 97°) at a mean alti-
tude of ≈ 400 km (World Geodetic System-84), and RODiO 
cluster follows it on this orbit.

The following sections present methods for analyzing 
orbital maneuvers and results. Initially, the relative motion 
is studied considering the Hill reference frame discussed 
in [20], and under the assumptions of Keplerian mechanics 
reported in [21]. In this way, an initial estimate of the cost 

of the maneuvers and the order of magnitude of the achiev-
able along-track and cross-track baselines are obtained. Sub-
sequently, simulations were performed with NASA GMAT 
software, with the following set-up:

•	 Gravitational harmonics up to order and degree 100 
(EGM-96 model).

•	 Atmospheric drag (Jacchia-Roberts model, and CD value 
of 2.2 in compliance with [22]).

•	 Solar radiation pressure with a Solar radiation of 1367 
W/m2.

•	 Third body effects of Moon and Sun.

2.2 � Phasing Maneuver

In this maneuver, the objective is to bring one of the satel-
lites of the RODiO cluster, which follows the LEO-satellite 
in its orbit, from a distance in the range [− 90 km, − 50 km], 
to a distance in the range [+ 50 km, + 90 km]. In this way a 
multistatic SAR data collection with a triplet of acquisitions 
over the same area at three different observation angles is 
possible.

To this aim, a ∆V in the direction opposite to the motion 
must be applied. In this way, the RODiO satellite reaches 
an elliptical orbit with an orbital period smaller than the 
period of the initial orbit and, after one orbit, the RODiO 
satellite reduces the along-track distance. After few orbits, 
the RODiO satellite reaches a new position beyond LEO-
satellite and, at this point, a ∆V in the motion direction must 
be applied to establish a constant along-track baseline. The 
steps of the maneuver just described are illustrated in the 
following Fig. 1. The challenging point of this mission is the 
need to apply two ∆V but in opposite direction and evaluat-
ing the re-ignition capability of the propulsion system.

To study the relative motion between two satellites, the 
Hill reference frame defined in [20] was used, assuming that 
the LEO-satellite is the chief, while RODiO is the deputy. 
Combining the equations for the Hohmann transfer (under 
the assumptions of Keplerian mechanics and circular orbit), 
[21] reported in Eqs. 1, 2, 3, and 4, where:

Fig. 1   Steps of the phasing 
maneuver
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•	 Vci is the orbital velocity of initial circular orbit,
•	 � is the Earth's planetary gravitational constant,
•	 Rci is the radius of the initial circular orbit,
•	 ae is the semi-major axis of elliptical orbit,
•	 �ci is the period of the initial circular orbit,
•	 �e is the period of elliptical orbit,

it is possible to write Eq. 5, which provides an initial 
estimate of the along-track baseline variation per orbit 
( ΔYorbit).

In Fig. 2, the along-track baseline variation after one 
orbit respect to applicated ∆V is shown.

In Table 1, different cases are presented, and a simu-
lation of relative motion using GMAT, considering the 
set-up previously described, has been performed (results 
in Fig. 3).

(1)Vci =

√
�

Rci

(2)�ci = 2�

√
R3
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�
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�
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2
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)
−

√
�
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(4)�e = 2�

√
a3
e

�

(5)ΔYorbit = (�ci − �e)Vci

2.3 � Inclination Change Maneuver

The purpose of this maneuver is to change the inclination 
of the orbit of a satellite of the RODiO constellation by 
applying a ∆V normal to the orbital plane when the satel-
lite arrives in the ascending node. In this way a relative 
drift of the nodes starts, and, after a certain time, a cross-
track baseline is established. Applying an impulsive burn 
in the same direction but when the satellite reaches the 
descending node, the cross-track baseline remains con-
stant. An advantage of this maneuver is that the direction 
of ∆V does not change.

First, in the Keplerian mechanics assumptions (and 
considering circular orbit) it is possible to calculate the 
inclination variation of the orbit consequent to the applica-
tion of an impulsive burn normal to the orbital plane. This 
maneuver is possible because the two orbits (the initial 
circular orbit and the one obtained by applying ∆V in the 
normal direction) have two points in common: the ascend-
ing and the descending node. They are perfectly equivalent 
for a circular orbit. The situation reported in Fig. 4 is con-
sidered. It is possible to write the relation Eq. 6

where:

•	 ΔV  is the velocity variation normal to orbital plane.
•	 Δi is the inclination variation.
•	 V  is the orbit velocity.

From the relation Eq. 6, it is possible to observe that 
with ∆Vs in the order of magnitude of few meters per 
seconds, an inclination change of 0.01° can be obtained. 
In Fig. 5, the Δi obtained consequent to the application of 
an impulsive burn is shown.

Considering J2 effect, it is possible to calculate the 
cross-track baseline for ∆V assigned. Under the assump-
tion of quasi-circular LEO, it is possible to calculate the 
cross-track baseline from the equation of the relative 
motion [20]. It is possible to write the Eq. 7 from which 
the Eq. 8 is derived:

(6)ΔV = 2Vsin
(
Δi

2

)

Fig. 2   Trend of along-track baseline variation per orbit with respect 
to ∆V applied

Table 1   Possible phasing maneuvers in the along-track distance 
ranges considered for different ∆V 

Yi is the initial distance between a RODiO satellite and the LEO-sat-
ellite, Yf is the final distance

ΔV  of single 
burn [m/s]

Y
i
 [km] ΔY

orbit
 [km] Number of 

orbits
Y
f
 [km]

2.5 − 62.25 41.5 3  + 62.25
3 − 75 50 3  + 75
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where:

•	 Ω̇ is the variation per unit time of the right ascension of 
ascending node.

•	 J2 is the spherical harmonic coefficient of degree 2.
•	 RE is the Earth radius.
•	 Ṁ is the variation in time of mean anomaly.
•	 p is the periapsis.
•	 i is the orbital inclination.

Applying the impulsive burn allows for the calculation of 
∆i, and subsequently, the calculation of ΔΩ̇ . From the third of 
the following equations (Eq. 9), considering 𝛿i2 ≪ 𝛿Ω2 , for a 
determined cross-track baseline, and knowing the semi-major 
axis, it is possible to calculate ΔΩ . From the ratio between 
ΔΩ∕ΔΩ̇ it is possible to evaluate the time to obtain the desired 
cross-track baseline, using the simplified relation of equation 
Eq. 10:

(7)Ω̇ = −
3

2
J2

(
RE

p

)2

Ṁcos(i) i

(8)ΔΩ̇ =
3

2
J2

(
RE

p

)2

Ṁsin(i)Δi

(9)
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≅ a
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�a

a
− �ecos(�)

2�esin(�) + �� + �M0 + �Ωcosi −
3

2

�
� − �0

�
�a√

�i2 + sin2(i)�Ω2cos(� + � − �)

⎤⎥⎥⎥⎦

(10)zmax ≈ a�Ωsini

Fig. 3   RODiO trajectory in Hill reference frame with respect to LEO-Satellite (on the right, first case indicated in Table 1; on the left, second 
case indicated in Table 1)

Fig. 4   Conceptual representation of change inclination maneuver: on 
the left the common points of initial and final orbit are indicated; on 
the right the mathematical construction for ∆V calculation is reported

Fig. 5   Trend of Δi with respect to ∆V applied
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where � is the true anomaly, the subscript “0” stands for the 
initial conditions and the angle � corresponds to (Eq. 11)

In the following Fig. 6, the cross-track baseline obtained 
for different ∆V and waiting time is shown.

In conclusion, the study of relative motion between two 
satellites of RODiO cluster has been analyzed using GMAT 
(RODiO-1 is the chief, RODiO-2 is the deputy). In Fig. 7, 
the results obtained by GMAT for a ∆V = 3 m/s (that yields 
a Δi of 0.02 deg [21]) for each burn and a waiting time of 
15 days are shown. The simulations confirm the results 
obtained from Keplerian mechanics.

2.4 � Conclusions on Orbital Maneuvers Study

From numerical GMAT simulations, it is possible to con-
clude that the along-track baseline variations are possible 
to move one RODiO satellite from the original position to 

(11)� = tan−1
(

�i

−�Ωsini

)

a final position in few orbits, whereas cross-track baseline 
variations up to few kilometers are possible with maneuvers 
duration of the orders of few days. The maneuvers under 
consideration are intrinsically safe thanks to the appropri-
ate selection of orbital parameters. Specifically, the RODiO 
satellite, which the ∆Vs are applied to, is in relative motion 
with respect to the LEO-satellite on a safety tube that elimi-
nates any potential collision risks. If the RODiO CubeSat is 
brought into a forward position during the phasing maneu-
ver and no additional station keeping is implemented (such 
as an electric propulsion system), the CubeSat could col-
lide with the LEO-Satellite which is decaying faster. Due 
to the formation of a safety tube, as illustrated in Fig. 3, the 
LEO-Satellite can pass through it safely without the risk 
of colliding with the CubeSat RODiO. This issue is not a 
concern in the case of the inclination change maneuver, as 
the CubeSat RODiO assumes a new position outside of the 
initial orbital plane.

The prescribed ∆V for hybrid propellant rocket siz-
ing is 3 m/s per ignition, totaling 6 m/s. This value is pre-
ferred as it provides more comprehensive coverage in the 
phasing maneuver, spanning from [− 90 km; − 50 km] to 
[50 km + 90 km], compared to the less effective 2.5 m/s per 
ignition. Additionally, the inclination change maneuver cre-
ates a cross-track baseline of considerable interest (on the 
order of kilometers), in relatively short periods. Increasing 
the ∆V would promote the development of a bigger cross-
track baseline in a shorter period. However, it would result 
in the production of a cumbersome propulsion system.

Of the two maneuvers shown, the orbital inclination 
change maneuver proves to be the most relevant for SAR 
products. For stereoradargrammetric applications [6], 
acquiring data from different lines of sight is crucial. There-
fore, because three out of the four satellites in the RODiO 
constellation share the same orbital plane as the LEO-Sat-
ellite, obtaining an acquisition point outside of this plane 
through an inclination change maneuver is more interesting 
than shifting in the same plane. Choosing this maneuver in 
future project stages for both increased safety, due to the Fig. 6   Trend of cross-track baseline with respect to the waiting time 

for applicated ∆V 

Fig. 7   Trend of inclination (on 
the left) and trend of cross-
track baseline (on the right) 
with respect to mission time for 
∆V = 3 m/s
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elimination of collision risk resulting from the orbital plane 
change, and SAR product purposes would be advantageous.

3 � Hybrid Rocket Engine Preliminary Design

This section focuses on the design of the hybrid rocket 
engine. In the following, the requirements and guiding 
assumptions for the sizing are presented which are derived 
from the experience of the UNINA DII [23]. The perfor-
mance calculation involves performing a procedure [24], 
adapted to this study, that stops when the total impulse mis-
sion requirement is met. Lastly, a CAD model of the thrust 
chamber and a first estimate of the masses of the propulsion 
unit are presented.

3.1 � Requirements and Assumptions

From the analysis of orbital maneuvers, the mission objec-
tive (stated earlier) determines that the propulsion system 
must be capable of providing a total ∆V of 6 m/s. In this pre-
design, the total ∆V should be amplified by 100% (total ∆V 
with margin: 12 m/s) adhering to the guidelines laid out by 
ECSS [25]. From the study of orbital maneuvers and known 
characteristics of the satellite, the mission requirement on 
the total impulse is obtained with the simplified Eq. 12, valid 
with a good approximation in case of small propellant mass 
with respect to overall satellite mass [26], which is the case 
of this system. In Eq. 12, T  is the thrust, tb is the burning 
time, M is the mass of the satellite, and ∆V is the change in 
velocity first determined.

Taking into account the mass of the RODiO satellite (of 
36 kg), the requirement on ∆V results in a requirement on 
the total impulse of 432 N s. For this preliminary sizing of 
the thrust chamber, to reduce the loads on the tanks and 
fluidic lines, the following constraints were selected:

•	 10 < Pc < 15 bar
•	 T = 10 ± 5 N

The requirement of the combustion chamber pressure 
derives from a compromise between the need for a good HTP 
(high test peroxide) decomposition efficiency (increased at 
a relatively high pressure [9]) and disadvantageous effect of 
increasing storage pressure on the HTP tank sizing.

Moreover, although this is not a stringent requirement, 
to avoid undesirable fluid-dynamic configurations, it is pre-
ferred to have, for the whole firing duration, a ratio between 
grain length and port diameter higher than 1. The thrust 
and pressure requirements have a significant impact on the 

(12)Itot = Ttb = ΔVM

size of the thrust chamber. A thrust range of 10 ± 5 N was 
selected to ensure the engine's feasibility on a CubeSat-
compatible scale, while avoiding excessive pressure in 
the chamber to prevent potential thermal and mechanical 
stresses that could be critical due to the thruster's small size. 
The earlier mentioned maneuvers are based on the impulsive 
burn hypothesis. For the hypothesis to be valid, a thrust with 
a duration that is not excessive is required. If the thrust is 
in the milli-Newton range, the burn would last for days. On 
the other hand, if the thrust is too high, around 100 N, the 
inertial loads on the satellite structure may be excessive, and 
the attitude control system may not be able to counteract the 
torques induced by potential thrust axis misalignments with 
respect to platform center of mass. From these considera-
tions, the thrust range 10 ± 5 N was chosen.

A mixture with hydrogen peroxide as oxidant (91wt%) 
and HDPE (high-density polyethylene) as fuel grain is 
selected to evaluate the performance of the Hybrid Rocket 
Engine.

3.2 � Calculation Procedure

To perform the calculation, it is required to establish the 
initial grain geometry in terms of length and port diameter, 
as well as the oxidant mass flow rate (values for these quanti-
ties are given in Sect. 3.3). The initial oxidant mass flux can 
be determined based on the oxidant mass flow rate and the 
initial port diameter. In first approximation, the regression 
rate for a hybrid rocket motor is related to oxidizer mass 
flux (Eq. 13):

where “a” and “n” are experimental coefficients which 
change for each couple of propellants. To accurately cal-
culate performance [24], it is necessary to know the fuel 
grain geometry (initial port diameter and length), fuel den-
sity, burn time, expansion ratio and nozzle throat diameter, 
oxidant flow rate, and the regression rate law.

Integrating Eq. 13 in time, the instantaneous port diame-
ter was calculated. Then, considering the prescribed oxidizer 
mass flow rate, the corresponding mass flux and regression 
rate was estimated. Then, the fuel mass flow rate was calcu-
lated as (Eq. 14):

where ρf is the solid fuel density, L is the length of the grain. 
In addition, the oxidant to fuel ratio is calculated as (Eq. 15):

Once all these quantities are known, the rocket perfor-
mance can be evaluated using software as CEA (chemical 

(13)ṙ = a
(
Gox

)n

(14)ṁf(t) = 𝜌f𝜋D(t)Lṙ(t)

(15)OF =
ṁox

ṁf
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equilibrium analysis) [27]. Since the chamber pressure is 
unknown, the iterative procedure given in [24] is applied 
until the pressure value that satisfies the mass balance is 
found.

For the calculation of the performance by [24], it is neces-
sary to know the burning time, which is a priori unknown. 
Thus, a time step of 0.5 s can be set, for which the perfor-
mance of the thruster is calculated, and when the desired 
total impulse is reached, the iterations are stopped, obtain-
ing the burn time and the final grain diameter. The logical 
progression is shown in Fig. 8.

3.3 � Performance Analysis and Results

A first assumption on the grain, pre-chamber, post-chamber 
and nozzle converging part length was based on the previ-
ous experience acquired by the authors in previous research 
projects [23] in order to guarantee acceptable residence time 
and flow field. An initial port diameter of the grain equal to 
10 mm was selected. The reference quantities for the analy-
sis are reported in Table 2. The sum of these contributions 
gives the total length, whose formula is expressed by Eq. 16.

The nozzle throat diameter was chosen after a few itera-
tions, based on the chamber pressure value obtained. With 
the value chosen and shown in Table 2, a chamber pressure 

in the range given in the requirements was obtained. The 
divergent part length was evaluated assuming a conical 
shape with 15 deg divergence angle. Optimization of the 
obtained values may be performed considering bell-shaped 
nozzles.

All the simulations have been performed with a combus-
tion efficiency equal to 95%, a reasonable value according to 
the experiments that have already been performed. Nozzle 
efficiency is also set to 95%, giving a global efficiency of 
roughly 90%.

To obtain the regression law coefficients for the Eq. 13, 
the ballistic reconstruction technique reported in [28–30], 
was used. Ballistic reconstruction techniques have been 
introduced to reproduce the temporal trend of the regres-
sion rate during the burning time and to increase the number 
of experimental tests used for the development of accurate 
and reliable regression laws. Based on the experimental data 
regarding the mixture H2O2-HDPE [19], preliminary results 
of ballistic reconstruction technique on this scale of engine 
was used to obtain the coefficients “a” and “n”.

Table 3 shows the performance of the Hybrid Rocket 
Engine, calculated for three different oxidant mass flow 
rates. The Hydrogen Peroxide total mass required is 128 g. 
In all three scenarios analyzed, the mission objective has 
been accomplished, and the progressions of the main quan-
tities over time are shown from Figs. 9, 10, 11, 12, 13, 14.

The data suggest that the thrust remains approximately 
constant over time, while the specific impulse increases 
with time for all three oxidant flow rates, reaching a value 

(16)Ltot = Lpre + Lgrain + Lpost + Lconv + Ldiv

Fig. 8   Conceptual scheme of the simulation

Table 2   Reference quantities for the simulations

Lpre [mm] Lgrain [mm] Lconv [mm] Lpost [mm] Dt [mm] Ae/At

10 35 10 10 2.6 20

Table 3   Mean values of the main quantities for the different oxidant 
mass flow rates under consideration

ṁ
ox

3 g/s 3.5 g/s 4 g/s

Isp [s] 288.1 289.8 291.3
Thrust [N] 10.2 11.9 13.6
O/F 5.01 5.19 5.35
Pc [bar] 10.6 12.4 14.2
Dp [mm] 24.3 23.8 23.6
ṙ [mm/s] 0.27 0.31 0.35
ṁ

fuel
[g/s] 0.61 0.68 0.76

Gox [kg/m2 s] 8.57 10.26 11.98
tb [s] 42.5 36.5 32
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between 295–300 s. It is important to note the possibility 
of the rocket thrust axis not being barycentric, resulting in 
a moment that the AOCS (Attitude and Orbit Control Sys-
tem) must balance. For this reason, it is recommended to 
eliminate the option of implementing a flow rate of 4 g/s, 
which generates the highest thrust value but would cause 

more significant moments that can potentially affect the 
AOCS. Conversely, using low-thrust values increases the 
burning time, prolonging thermal flux action and elevating 
the risk of thermal failure. A suitable compromise between 
burning time and thrust value results in selecting a solu-
tion where the oxidizer flow rate is 3.5 g/s.

Fig. 9   O/F in time evolution of H2O2-HDPE mixture for oxidant mass 
flow rate 3 g/s (in green), 3.5 g/s (in red) and 4 g/s (in blue)

Fig. 10   Grain port diameter in time evolution of H2O2-HDPE mixture 
for oxidant mass flow rate 3 g/s (in green), 3.5 g/s (in red) and 4 g/s 
(in blue)

Fig. 11   Chamber pressure in time evolution of H2O2-HDPE mixture 
for oxidant mass flow rate 3 g/s (in green), 3.5 g/s (in red) and 4 g/s 
(in blue)

Fig. 12   Total mass flow rate in time evolution of H2O2-HDPE mix-
ture for oxidant mass flow rate 3 g/s (in green), 3.5 g/s (in red) and 
4 g/s (in blue)

Fig. 13   Thrust in time evolution of H2O2-HDPE mixture for oxidant 
mass flow rate 3 g/s (in green), 3.5 g/s (in red) and 4 g/s (in blue)

Fig. 14   Isp in time evolution of H2O2-HDPE mixture for oxidant 
mass flow rate 3 g/s (in green), 3.5 g/s (in red) and 4 g/s (in blue)
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Additionally, it is noteworthy that the utilization of hydro-
gen peroxide enables preheating of the catalyst chamber 
without the requirement of igniters. A pulsed sequence, such 
as the one described in [31], can effectively achieve adequate 
preheating, which is crucial for ensuring the decomposition 
of H2O2.

The quantity of hydrogen peroxide utilized for preheating 
is factored into the margin of the ∆V. The conducted siz-
ing is useful for determining the limiting dimensions of the 
thrust chamber and obtaining an initial idea about the main 
quantities of the hybrid rocket engine.

Variations may occur due to the two ignitions that need to 
be performed, each of which is affected by an ignition delay 
and a shutdown transient. Tests conducted on this scale of 
engines [19] show that the ignition and shutdown transients 
last for tenths of seconds, and the propellant consumption 
due to these phases is easily accounted for by the 100% mar-
gin on the mission requirement considered. From [32], it is 
possible to see the ignition delay for a hybrid rocket engine 
based on 95 wt.% H2O2, but on a larger scale (250 N).

It is noted that the ignition delay is between 0.3 and 1 s, 
which confirms what is reported in the thrust profile in [19], 
and since relative motion always develops over times on 
the order of a few orbital periods, any thrust present during 
these transients (which is considerably less than the steady-
state thrust value) may not make appreciable changes to the 
maneuvers. If the mission profile deviates from the nominal, 
the strong controllability of a hybrid engine can always be 
exploited. For instance, if there is a significant ignition delay 
in which a certain proportion of the expected total impulse 
is reached, it is always possible to reduce the burn time to 
guarantee the total impulse calculated during the design 
phase. Subsequent developments will involve breadboarding 

activities designed to accurately evaluate the on/off tran-
sients on this scale of rocket.

3.4 � Preliminary CAD Configurations

From the performance analysis, it is possible to preliminarily 
size the propulsion system, in particular the thrust chamber, 
which will include a case containing the fuel grain and noz-
zle. Figure 15 shows a sectional view of the thrust chamber 
obtained for an oxidant mass flow rate of 3.5 g/s, with the 
maximum overall dimensions indicated, from which it is 
possible to observe a pre-combustion chamber (upstream to 
fuel grain), a post-combustion chamber (downstream of the 
fuel grain) consisting of a cylindrical section and the con-
verging nozzle section. The pre- and post-chamber lengths 
shall be better defined by a more accurate study of the rock-
et's internal thermo-fluid dynamics.

For the various components of the thrust chamber, the 
materials shown in Table 4 were selected, and the masses 
estimated. Since the dimensions of the thrust chamber are 
considerably smaller than the imposed limits (1.5 U, 15 cm 
in height × 10 cm in length × 10 cm in width), it is reason-
able to assume that there is sufficient space for the feed line, 

Fig. 15   CAD model section of thrust chamber (dimensions in mm). In blue the conical nozzle, in red the fuel grain, in gray the external case, in 
brown a closing flange (wall thickness flange and case: 2 mm)

Table 4   Summary of thrust chamber masses by component

Part Material Mass [g]

Grain HDPE 26
Case Stainless steel 316 146
Flange Stainless steel 316 28
Nozzle Graphite 42
Total 242
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tanks, and catalytic chamber. With an appropriate choice 
of materials, the total mass requirement (< 2 kg) is also 
satisfied.

4 � Concluding Remarks

In this work, a study was carried out for mission analysis 
and preliminary design of a hybrid rocket engine aimed at 
performing formation reconfiguration of a Cubesat cluster 
(RODiO), working as passive receiver of the SAR signal 
of a LEO satellite. Starting from considerations on Kep-
lerian mechanics, maneuvering costs (in terms of ∆V) and 
achievable along-track and cross-track baselines have been 
calculated. With a total ∆V of 6 m/s, it is feasible to achieve 
an along-track baseline in the range of tens of kilometers 
with a waiting time of a few orbits. Conversely, achieving a 
cross-track baseline in the order of a few kilometers would 
take a few days. Furthermore, GMAT was used to accurately 
simulate orbital maneuvers and validate the findings from 
Keplerian mechanics.

The application of the ∆V identified earlier allows the 
execution of orbital maneuvers useful for changing the con-
figuration of the RODiO constellation for the purpose of 
improving SAR antenna performance, both in-plane (phas-
ing maneuver) and out-of-plane (inclination change maneu-
ver). It is recommended to prefer the inclination change 
maneuver over the phasing maneuver for collision risk 
mitigation and SAR product utility. The preliminary perfor-
mance calculation (for a total ∆V of 12 m/s with margin in 
compliance with ECSS regulation) provides an initial output 
on the design of the thrust chamber and the average values 
of the quantities involved. The mission requirement is met 
for the three configurations analyzed, which differ only in 
the oxidizer flow rate. Trend analysis of principal quantities 
indicates that a thrust chamber experiences higher pressures 
for shorter durations under a 4 g/s flow rate. Conversely, the 
chamber operates at lower pressures for more extended peri-
ods with a 3 g/s flow rate. As previously noted, it is optimal 
for the thrust to be minimized to allow for minor moments 
caused by the misalignment of the thrust axis from the center 
of gravity to be easily compensated by the AOCS system. 
On the other hand, prolonged burning time can result in 
thermal and structural issues. In particular, the thermal 
aspect appears to be crucial due to the rocket's small size. 
Conducting meticulous analyses to assess the thermal fluxes 
affecting the thrust chamber during the operating time for all 
three alternatives will enable the determination of the opti-
mum solution. At this time, a suitable compromise would be 
selecting an oxidant mass flow rate value of 3.5 g/s.

Two configurations are possible for the layout of the ele-
ments of the propulsion unit: a first configuration in which 
the engine is developed in height, with the thrust chamber 

placed in succession to the tanks; a second configuration 
in which it is planned to place the tanks around the thrust 
chamber. Given the 1.5 U dimensional constraints (15 cm 
in height × 10 cm in length × 10 cm in width), and the mini-
mal space occupied in the radial direction, it is preferable 
to optimize available space by locating the other elements 
of the propulsion unit around the thrust chamber (i.e., using 
toroidal tanks). Indifferently from the two configurations, it 
is reasonable to conclude that the propulsion unit meets the 
required mass (< 2 kg) and size (< 1.5 U) constraints. Future 
developments could include a detailed design of the other 
main subsystems, numerical analysis of fluid dynamic, ther-
mal and structural aspects, and the possibility of developing 
breadboards for ground testing of the propulsion unit.
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