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Abstract
In recent planetary exploration space missions, spacecraft are exposed to severe 
thermal environments that are sometimes more extreme than those experienced in 
earth orbits. The development of advanced thermal control materials and devices 
together with reliable and accurate measurements of their thermophysical properties 
are needed for the development of systems designed to meet the engineering chal-
lenges associated with these space missions. We provide a comprehensive review 
of the state-of-the-art advanced passive thermal control materials and devices that 
are available for space applications, specifically, variable emissivity thermal control 
materials and microelectromechanical systems (MEMS), radiofrequency (RF)-trans-
parent and/or tunable solar absorptivity and total hemispherical emissivity thermal 
control materials, and a passive re-deployable radiator with advanced materials and 
insulation. Prior to our in-depth review of these thermal control materials, we briefly 
summarize the thermal environments surrounding spacecraft, the characteristics of 
thermophysical properties for spacecraft materials that differ from those of materi-
als for ground use, and the significance of solar absorptivity and total hemispherical 
emissivity for passive thermal control in space. In all four topics of materials and 
devices, the following subjects are overviewed: the basic principle of passive ther-
mal control techniques in space, the measurement of thermophysical properties of 
those novel materials, simulation and/or on-orbit verification thermal performance 
tests, degradation tests in space environments, and some aspects of the implementa-
tion of the above-described materials and devices in actual space missions.
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1 Introduction

Many indispensable technologies that maintain the temperatures of systems 
within allowable limits are used in our daily lives; for example, cooling fans and 
heat pipes are vital components to reject the Joule heating generated from the 
semiconductor chips compacted into the small space of a laptop computer. To 
maintain comfortable temperatures in homes and work settings during the sum-
mer and winter, we use air-conditioning systems that use the latent heat of the liq-
uid–gas phase change of refrigeration fluid. The walls of a refrigerator are com-
posed of thermal insulation to keep the inside temperature low, reduce the power 
consumption as much as possible, and minimize the emission of  CO2. All of these 
terrestrial mechanisms of heat transfer, i.e., conduction, convection, and radia-
tion, are well known, and their fundamental principles remain unchanged [1–3].

In contrast, in high-vacuum extraterrestrial environments, the heat transfer 
between a spacecraft and its surrounding space is governed only by radiation. 
It may thus seem trivial to search for optimal solutions in principle for thermal 
control problems that exist in space. However, when thermal control design is 
conducted under the strict constraints of making a spacecraft as light as possible 
and with as little energy consumption as possible, the importance of new passive 
thermal control materials and devices emerges. In this research field, the ther-
mophysical properties of materials (i.e., the total hemispherical emissivity, solar 
absorptivity, and thermal conductivity) dominate the performance of the system, 
and in fact these properties are significantly more dominant than in heat transfer 
devices on the ground. There is a frontier of engineering thermophysical prop-
erties research and system design at which a device itself cannot be established 
without newly designed materials and accurate values of their thermophysical 
properties.

The research frontier of this field of thermophysics has been driven by the 
present and planned planetary exploration space missions, in which spacecraft 
are exposed to a wide range of thermal environments, some of which are more 
extreme than those experienced in Earth’s orbit. There are several examples of 
such missions. The ESA-JAXA (European Space Agency-Japan Aerospace Explo-
ration Agency) joint mission to Mercury consists of two spacecraft [Mercury 
Planetary Orbiter [MPO] and Mercury Magnetosphere Orbiter (MMO)] that are 
exposed to extremely strong solar radiation [4]. Ultimately, NASA’s Parker Solar 
Probe is experiencing the most severe thermal environment, traveling directly 
through the atmosphere of the Sun [5]. Other challenges would accompany explo-
rations to the edge of our solar system, e.g., Pluto, which receives less than 0.1 % 
of Earth’s solar radiation [6]. Additional examples are the recent planetary explo-
ration missions under unprecedented thermal environments and the sample return 
missions associated with Hyabusa2 [7], OSIRES Rex [8], and MMX [9].

This review focuses on advanced passive thermal control materials and devices 
among spacecraft thermal control technologies, where thermophysical properties 
and their changes dominate with no-energy-consumption device design. We will 
introduce and review the basic principles of passive thermal control in space; the 
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measurement of the thermophysical properties of the novel materials employed; 
degradation tests against ultraviolet (UV) radiation, atomic oxygen, protons, and 
electrons in a real or simulated space environment (in other words, the long-term 
durability of materials in space); and some implementation examples for actual 
space missions.

2  Thermal Environments Surrounding Spacecraft

Spacecraft are exposed to very different thermal environments over the course of 
their launch from the earth, their various missions in outer space, and possibly their 
return to Earth. The thermal environments experienced by spacecraft in each phase 
are distinctly classified into the following four categories: (1) Earth orbit environ-
ments, (2) interplanetary orbit environments, (3) launch environments, and (4) re-
entry into Earth’s or another planet’s atmosphere [10–12]. Spacecraft’s thermal con-
trol systems are usually designed for the thermal environments that are encountered 
during missions within the Earth’s orbit [10], where the atmospheric environment is 
characterized by a high vacuum; the atmospheric pressure above 300 km from the 
Earth’s surface is  10−7 hPa or less [11]. In the thermal environments of categories 
(1) earth orbit and (2) interplanetary orbit, aerodynamic heating and convective heat 
transfer to the spacecraft can therefore be ignored.

The thermal design strategies against aerodynamic heating require special 
designs, e.g., a fairing to protect the spacecraft during launch, and the use of heat-
resistant protective material and/or ballistic re-entry capsules for re-entry. Refer-
ences [10–12] provide typical examples of thermal design regarding (3) launch and 
(4) re-entry thermal environments. This review deals with the thermal environments 
surrounding spacecraft in categories (1) earth orbit and (2) interplanetary orbit.

Figure  1 illustrates the thermal environments surrounding a spacecraft for (1) 
a planetary (Earth) orbit and (2) an interplanetary orbit. In the figure, JS (d) is the 
solar radiation intensity at distance d (astronomical unit: au) from the sun in W·m−2, 
JA (W·m−2) is the albedo which is expressed as the fraction of the incident solar 
radiation reflected from the nearby planet (Earth), and JP (W·m−2) is the infrared 
(IR) radiation emitted from the nearby planet (Earth). These radiation intensities are 
described in some detail below.

2.1  Solar Radiation Intensity

Solar radiation is the heat flux that a spacecraft receives directly from the sun, 
and it is the largest source of external heating. As is well known, the spectral 
distribution of solar radiation is quite similar to that of a blackbody radiation at 
5780 K [13] and peaks at 0.48 μm. For the thermal design of a spacecraft trave-
ling to outer planets of our solar system including Earth, it is sufficient to con-
sider the wavelength region of 0.25  μm to 2.6  μm in which 98 % of the total 
solar radiation flux exists [12]. However, in the case of the inner planets such as 
Mercury and Venus, a wider range including both shorter and longer wavelengths 
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must be taken into consideration. The solar radiation intensity immediately out-
side the Earth’s atmosphere is called the solar constant, which is 1367  W·m−2 
at the earth’s average distance (astronomical unit: 1au) from the sun [10]. In an 
interplanetary orbit, the solar radiation intensity is inversely proportional to the 
square of the distance from the sun and can be expressed by the following equa-
tion in au units [10].

where JS (d) is the solar radiation intensity at distance d (astronomical unit: au) from 
the sun.

Table  1 lists the equatorial radius in km, the orbit semimajor axis in au, the 
solar radiation intensity values relative to Earth calculated using Eq.  1, and the 
albedo coefficient of the planets of our solar system and Earth’s moon [10, 11]. For 
a thermal engineer, it is important to note that the solar intensity is continuously 
monitored; the average values of the solar constant are determined annually and 
announced later, and these values have been estimated to be accurate within ± 0.4 % 
[10, 14]. In the orbit around the Earth, the solar constant is the maximum value of 
solar radiation intensity which is received by the surface of a spacecraft perpendicu-
lar to the solar radiation during the daytime. For detailed thermal designs, it is nec-
essary to consider the solar incidence angle on each surface of a spacecraft over the 
course of a day plus sudden changes in the incident angle between day (maximum 
value) and night (eclipse time, essentially zero); however, this topic is the beyond 
the scope of this review [10].

(1)JS(d) =
1367.5

d2
W ⋅m−2,

Fig. 1  Thermal environments surrounding spacecraft for (1) a planetary (Earth) orbit, and (2) an inter-
planetary orbit. The cosmic background radiation intensity corresponding to about 2.7 K blackbody radi-
ation is extremely small compared to the solar radiation intensity and can be ignored here
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2.2  Albedo Radiation Intensity

A planet’s albedo radiation intensity JA is the fraction of the solar radiation inten-
sity that is scattered from the surface and atmosphere of a nearby planet. Table 1 
provides the approximate albedo for the planets [11]. The intensity of albedo 
radiation depends on the size of a planet, the reflective properties of the planet’s 
surface, the atmosphere of the planet, and the altitude and orbit of the spacecraft; 
the albedo radiation intensity is also highly variable [10]. Accurate information 
about an albedo is required, particularly for spacecraft flying in low planetary 
orbit (low Earth orbit [LEO]) and during touchdown operations. Reference [15] 
provides more detailed information about the albedo of Earth.

2.3  Planetary IR Radiation Intensity

Although the incident solar radiation is partly reflected as an albedo, the rest of 
the energy is eventually absorbed by a planet and emitted from the planet’s sur-
face to space as IR radiation εHσT4 because the temperature of the planet is rela-
tively low. In the case of Earth, the effective average temperature is about 255 K 
(the Earth’s IR radiation intensity is calculated to be 240 W·m−2 assuming εH = 1) 
so that the wavelength of the IR emission spectrum is 2–50  μm with the peak 
wavelength of ~ 10 μm. The IR radiation is as important in touchdown operations 
to planets as the albedo, for example, it is especially important in the cases of 
touchdown to asteroids with high surface temperature; here, the IR radiation has a 
greater effect than the albedo.

3  Characteristics of the Thermophysical Properties for Spacecraft 
Materials That Differ from Those in Ground Use

When we deal with the thermophysical properties of spacecraft materials, there 
are two major differences compared to the properties of materials that are used on 
the ground.

3.1  Degradation of Thermophysical Properties of Spacecraft Materials Caused 
by Space Environmental Factors Such as UV Radiation, Atomic Oxygen, 
Protons, and Electrons

A variety of materials from metals to polymers are used in spacecraft, and these 
materials are strongly affected by environmental factors in space that differ 
from those on the Earth’s surface. In particular, thermal control materials used 
on the external surface of spacecraft are directly exposed to many space envi-
ronmental factors (such as UV radiation, atomic oxygen, protons, and electrons) 
which hardly reach the surface of the Earth due to the shielding provided by 
the Earth’s atmosphere, including the ozone layer. The net effect of these space 
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environmental factors on spacecraft materials is to degrade the optical, thermal, 
electrical, and mechanical properties of the material.

For example, UV radiation in the wavelength range below 290 nm does not reach 
the surface of the Earth. However, in space, UV radiation—especially in the wave-
length range 10–200 nm—has energy that is high enough to change the chemical bond 
structure of polymers, and it thus makes materials brittle. A material’s exposure to UV 
radiation also changes the material’s resistivity and thereby affects the material’s ther-
mal and optical properties. For more details regarding space environments’ effects on 
materials, see References [10–12].

In the thermal design of a spacecraft, not only the thermophysical properties at the 
initial stage of launch (beginning of life [BOL] values) but also those at the end of the 
operation (end of life [EOL] values) must be determined and addressed. As explained 
above, the thermal control materials on the outermost parts of a spacecraft are affected 
by the harsh space environment, which degrades the value of thermophysical proper-
ties [10, 12]. If this degradation behavior is not quantitatively understood, the thermal 
designer will be obliged to set the design margins larger than necessary in order to 
guarantee the performance of the spacecraft at the end of the operation, which will lead 
to increases in the spacecraft’s size, weight, and costs. In other words, if the amount 
of degradation cannot be grasped in advance, a thermal designer will not know the 
numerical values to be used for the thermophysical properties, and the design will not 
move forward. From the viewpoint of thermophysics, the thermophysical properties of 
a material are usually considered to be a constant at the same temperature and pres-
sure. However, in the case of spacecraft thermal control materials, it is reasonable from 
an engineering standpoint to expect that the thermophysical properties will change 
because the material degrades in a space environment over long periods, e.g., months 
or years.

Naturally, the thermophysical properties of materials used in space must be meas-
ured on the ground in a high vacuum and over a wide temperature range. Moreover, to 
verify whether the newly developed thermal control materials are sufficiently resistant 
to the environment in the planned orbit (i.e., changes in the thermophysical properties 
are sufficiently small), exposure tests in a simulated space environment created by a 
ground test apparatus are always carried out in advance [12]. Although it seems to be a 
contradiction, it should be noted that an orbital environment cannot be completely sim-
ulated in a ground test experiment in terms of exposure time and irradiation intensities. 
For example, Iwata et al. reported the recovery of the degradation of proton-irradiated 
polymer films [16, 17]. This recovery phenomenon is thought to occur because the life-
time of radiation-generated radicals in the polymer films (which cause the increase in 
solar absorptivity) is from a few weeks to a few months.

3.2  Significant Differences in Usage Patterns and Weight Restrictions of Materials 
from the Ground

• Spacecraft are usually used only once, and maintenance is not possible during 
a spacecraft’s operation except for very rare cases, i.e., the Hubble Space Tel-
escope and the International Space Station.
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• Due to the very high launch cost constraints, the weight and size of the space-
craft must be reduced as much as possible.

The thermal control of a spacecraft involves keeping all of the components of the 
spacecraft within the allowable temperature limits in all operating modes and in all 
space environments. There are two types of thermal control for spacecraft: active 
thermal control using heat pipes and heaters, etc., and passive thermal control with 
the conventional use of louvers, multilayer insulation (MLI), and optical solar reflec-
tors (OSRs). It can be said that the thermal control technology of spacecraft has 
reached a certain level of maturity as one of the basic technologies for achieving 
conventional-level missions [10, 12]. However, with the continued expansion and 
sophistication of space development and utilization, the density of the heat genera-
tion inside the spacecraft will increase and the spacecraft will be exposed to more 
severe thermal environments, and thus the thermal control of spacecraft has become 
more important than ever. The reductions of the weight and size of the spacecraft 
and the energy required for thermal control are also important from the viewpoint of 
launch costs.

4  Passive Thermal Control Materials and Devices, and the Radiative 
Properties αS and εH

Figure  2 is a simplified representation of the steady state thermal balance in the 
radiator cross-section of a spacecraft. The spacecraft can be modeled as being con-
nected to space through the external surfaces of the radiator. It is also assumed that 
the radiator is isothermal and the inside surfaces are thermally insulated except for 
the surface that is connected to the heat-dissipating equipment. As described in the 
previous section, the heat inputs from space to the spacecraft are the solar radia-
tion intensity JS, the albedo radiation intensity JA, and the planetary IR radiation 
intensity JP; these radiations are received by the radiator of the surface area AR  (m2). 
Another energy input is from the internal equipment power dissipation, denoted 
as Q̇int (W). The heat output from the spacecraft to space is the IR radiation inten-
sity εHσTR

4 from the radiator surface. Assuming that the total hemispherical emis-
sivity (emittance) of the radiator surface is εH and that of the solar absorptivity 
(absorptance) is αS, the following thermal balance equation holds in the steady state.

where σ represents the Stefan–Boltzmann constant (5.670 ×  10−8 W·m−2·K−4). This 
equation means that the temperature of the radiator rises due to the absorbed radiant 
energy, but at the same time, the emission of IR thermal radiation to space rises due 
to the temperature increase of the radiator itself, which is proportional to the fourth 
power of temperature, and the input and output energies are balanced at the steady-
state temperature TR (K). For the sake of convenience, in the case of an interplan-
etary orbit with no internal power dissipation, Eq. 2 can be expressed as follows:

(2)𝛼SJSAR + 𝛼SJAAR + 𝜀HJPAR + Q̇int = 𝜀H𝜎T
4
R
AR (W),
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In other words, since JS and σ are constants, the temperature of the radiator (or 
the spacecraft) can be controlled by varying the ratio of the radiative properties of 
the outer surface αS/εH. It can be considered that the relationship of TR ∝ (�S∕�H)

1∕4 
essentially holds even when the internal power dissipation exists and/or the area(s) 
receiving radiation differ for each component. It should be mentioned here that 
in the case of the planetary orbit, JS is sufficiently assumed to be constant (zero 
in the solar eclipse) during the mission, whereas in the interplanetary orbit, JS (d) 
changes significantly depending on the distance from the sun as expressed by Eq. 1. 
As a consequence, a radiator (or more generally a thermal control device) that can 
respond to large changes in the thermal radiation input during the mission period is 
required.

As is well known, at a given wavelength λ in all wavelength regions, α(λ) and ε(λ) 
of any material surface are equal according to Kirchhoff’s law. In the space radiation 
environment, fortunately, the input thermal radiation related to the absorptivity is 
basically in the visible light wavelength region, whereas the output thermal radiation 
associated with the emissivity is in the IR wavelength region. It is therefore possible 
to change αS and εH independently on a single material surface.

The fundamental principle of the passive thermal control of spacecraft is based 
on the asymmetry of the absorption in the visible wavelength region with the 

(3)TR =

(
JS

�

�S

�H

)1∕4

Fig. 2  The thermal balance at steady-state of a radiator in a space environment
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emission in the IR wavelength region on the material surface. We are able to achieve 
thermal control of spacecraft by selecting the appropriate materials with αS/εH val-
ues that are suitable for the space thermal environment of a particular mission. Fig-
ure 3 shows the mapping of αS and εH ranges of various materials conventionally 
used in spacecraft thermal control. The various materials and coatings indicated in 
this figure have been used for many years, and the need to develop new materials is 
not high for conventional missions [10]. In order to make it easier for the reader to 
understand the significant effect of αS/εH, we will present a simple calculation exam-
ple using Eq. 3. When receiving the maximum solar radiation in the orbit around 
the earth, TR = 394  K at αS/εH = 1 (black body), while it is possible to set a safe 
TR = 294 K by selecting an appropriate αS/εH = 0.31 (e.g., for white paint). However, 
it is necessary to bear in mind that the closer the spacecraft is to the sun, the closer 
that the αS must be to zero in order to maintain it near TR = 300 K, and thus in real-
ity, the thermal control by this method alone reaches its limit.

4.1  Variable Emissivity Thermal Control Materials and MEMS

As expressed in Eq.  3, the temperature of an object in space is essentially deter-
mined by the ratio of the solar absorptivity αS to the total hemispherical emissiv-
ity εH of the outer wall surface. If the thermal environment around the spacecraft 
is always constant, the spacecraft can be kept at the target constant temperature by 
using materials with appropriate αS/εH values. However, in reality, the direction and 
amount of the solar heat flux to the spacecraft’s surfaces change with time, and it 

Fig. 3  The total hemispherical emissivity and solar absorptivity values for various conventional passive 
thermal control materials and a smart radiation device (SRD) for spacecraft. Reprinted by courtesy of 
Aerospace Corporation, Fig. 4.2 in [10] and Fig. 4.4.1 in [12], SSM: second-surface mirror
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is thus common to cover a spacecraft with a heat-insulating material in order to 
prevent the spacecraft from undergoing changes in the space thermal environment. 
On the other hand, if the entire spacecraft is covered with a heat-insulating mate-
rial, the heat generated by the internal equipment cannot be rejected. Therefore, in 
actual spacecraft design, a radiator surface is installed so that the temperature of the 
internal equipment falls below the upper limit of the allowable temperature under 
high-temperature conditions, and the rest of the surfaces are covered with a heat-
insulating material. In contrast, under low-temperature conditions, a heater is used 
so that the temperature of the spacecraft does not fall below the lower limit of the 
allowable temperature.

A louver, which is a mechanical thermal control element, is conventionally used 
to reduce the heater power [10]. A louver is a device with multiple blades that can 
be opened or closed by using a bimetallic and spring-actuated mechanism; the lou-
ver is placed over the external radiator. When the temperature of the equipment is 
low, the blade with a highly polished metallic surface is closed in order to reduce the 
thermal coupling between space and the radiator. Conversely, when the temperature 
is high, the blades are opened to directly expose the radiator surface to space. How-
ever, in the case of very small satellites (which are likely to be subjected to large 
temperature changes due to their low heat capacity) and in the case of interplanetary 
spacecraft (whose distance to the sun changes significantly during the course of the 
mission), the traditional thermal control element technologies such as louvers and 
heaters, combined with the reduction of mass and size and with the minimum elec-
trical energy consumption, are no longer sufficient to meet the requirements of the 
thermal design.

As a possible solution to this problem, the following method has been consid-
ered: controlling the amount of reject heat by artificially changing the emissivity 
of the radiator in response to the temperature of the radiator. Alternatively, if there 
is a material whose emissivity changes autonomously in the direction of reducing 
the temperature changes depending on the temperature of the spacecraft itself, there 
is another possible solution: passive thermal control materials for spacecraft. Mate-
rials with such functions are generally called variable emissivity materials, which 
are divided into electrochromic materials and thermochromic materials. There have 
been quite a few experimental and theoretical studies of these materials and devices. 
Electrochromic materials are materials whose optical properties change revers-
ibly when a voltage is applied; typical electrochromic materials are tungsten oxide 
 (WO3) and polyaniline (PANI) [18]. Thermochromism is a phenomenon in which 
the optical properties of a substance change depending on the temperature. For the 
purpose of spacecraft thermal control, the characteristics of thermochromic mate-
rials whose thermal radiation property changes are induced by the metal–insulator 
phase transition due to temperature changes are utilized. The following is a review 
of IR wavelength variable emissivity materials that are primarily intended for space 
applications.

Consider the ideal temperature dependence of a variable emissivity material that 
can replace the function of the conventional louver. Devices made from that mate-
rial must be lightweight and with zero power consumption, and the devices must be 
designed to ensure the long life and long-term reliability of the spacecraft. Figure 4 
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illustrates the temperature dependences of the ideal total hemispherical emissivity 
switch, a louver, and a possible thermochromic material with similar functions. The 
transition temperature at which the emissivity changes must be set near room tem-
perature because most of the electrical and mechanical equipment used in spacecraft 
is originally designed to operate on Earth. Therefore, the ideal emissivity switch 
autonomously controls the spacecraft temperature to keep it constant at the transi-
tion temperature by changing the emissivity from 0 to 1 in response to the space-
craft’s temperature.

With the louvers that have been used in numerous spacecraft, the operating tem-
perature of the bimetallic mechanism is set at room temperature. At high tempera-
tures, the louver is in its fully open state and heat is rejected with a high emissivity 
radiator surface (εH ~ 0.8). At low temperatures, the louver is in its closed state to 
provide low emissivity (εH ~ 0.1) on the blades’ surface, for heat insulation. Appro-
priate control of the blades’ opening/closing angles can be set to an intermediate 
emissivity corresponding to the differential temperature of about 10°–20  °C. By 
such an operation, the louver has a function of reducing the temperature change of 
the spacecraft. However, such louvers weigh several kg to 10 kg per 1  m2 [10]. A 
thermochromic material that functions as well as or better than a louver must have 
an electrical insulating property (high εH) at high temperatures and a metallic prop-
erty (low εH) at low temperatures, centering on the transition temperature to be con-
trolled. In addition, the material must be able to be installed on the radiator surface 
in a lightweight thin film or coating.

From 1998 to 2001, Shimazaki et  al. focused on the phenomenon in which 
melt-grown crystals of  LaMnO3 doped with Sr cause a large change in resistivity 
due to a metal–insulator transition near room temperature [19–21], depending on 
the amount of Sr doping [22, 23] as shown in Fig.  5. They prepared polycrystal-
line Sr-doped lanthanum manganese oxide (LSMO) formed in the perovskite-type 

Fig. 4  Comparison of (a) an 
ideal total hemispherical emis-
sivity switch, (b) a louver, and 
(c) a thermochromic material for 
spacecraft thermal control. In 
the case of the thermochromic 
material, a significant change in 
total hemispherical emissivity 
occurs due to a metal–insulator 
transition
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structure  La1−xSrxMnO3 (x = 0, 0.15, 0.175, 0.2, 0.3, and 0.4 samples) by the stand-
ard ceramic production process (30 × 30 × 0.2 mm), and the surfaces of every sam-
ple were polished with diamond slurry to make the root-mean square surface rough-
ness < 30 nm [20].

Figure  6a shows the molecular structure of LSMO. The temperature depend-
ence of the εH of the LSMO was measured by the calorimetric method [24] in the 
temperature range from 173 K to 373 K with an estimated uncertainty of ± 2.2 %. 
With these experimental results, Shimazaki et  al. were the first to discover that 
 La0.825Sr0.175MnO3 showed the remarkable total hemispherical emittance change of 
ΔεH = 0.42 at approx. 280 K, which is a suitable property for a thermochromic mate-
rial for passive spacecraft thermal control. Figure 7 depicts the experimental results 
for the temperature dependence of the total hemispherical emissivity of LSMO with 
different Sr doping [20], which correlated with those for electrical resistivity as 
shown in Fig. 5. Shimazaki et al. also measured the spectral reflectance of LSMO 
by Fourier transform IR spectroscopy in the wavelength range of 0.25 to 100 μm 
at room temperature to calculate the optical constants, in order to clarify that the 
metal–insulator transition is due to Sr doping.

Over the years since then, the research groups led by JAXA’s Ohnishi and Tachi-
kawa have consistently conducted both fundamental studies, space environmen-
tal tests on the ground, and on-orbit verification tests to test the use of LSMO as a 
thermal control material for spacecraft. Shimakawa et al. [25] investigated the film 
thickness dependence of the emissivity property of LSMO, and they observed that 
1500-nm-thick films can be used for variable emittance radiators. Ochi et al. [26, 27] 
developed thin and light ceramic tiles (thickness < 70 μm and weighing 450 g/m2) of 
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Fig. 5  The temperature dependence of electrical resistivity of melt-grown crystals  La1−xSrxMnO3 meas-
ured by the conventional four-probe method. Reprinted with permission from [21] Copyright (2022) by 
the American Physical Society
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LSMO for thermal control applications on spacecraft. They named these new mate-
rials to be used in a spacecraft’s variable emissivity radiator “smart radiation devices 
(SRDs)” [28] based on  La0.825Sr0.175MnO3 and  La0.7Ca0.3MnO3 composed of a thin 
and lightweight ceramic tile. They designed multilayer films for reducing the solar 
absorptivity of SRDs while retaining their IR-radiative properties; they also per-
formed space environmental simulation tests on ground and in space to evaluate the 
optical properties of SRDs [29].

An optimal computational design method using a genetic algorithm (GA) for 
spectral selective multilayer films was developed to improve the high solar absorp-
tivity that had been a drawback of SRDs’ use as a radiator for spacecraft [30]. An 
SRD without solar reflective coating can be used as a radiator if it is installed on 

Fig. 6  (a) The molecular structure of LSMO, (b) a SRD  (La0.775Sr0.115Ca0.11MnO3) sample 30  mm × 
30 mm × 70 μm, and (c) a SRDM (Smart Radiation Device with Multilayer film) sample coated with a 
multilayer film designed by a genetic algorithm to reduce solar absorptivity (αS = 0.24) for use in radia-
tors [32]
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the surfaces of the spacecraft that are not exposed to the solar radiation. The experi-
mental results regarding the solar absorptivity and total hemispherical emissivity of 
SRDs with a multilayer film (which is evaporated on the surface of the SRD by the 
electron beam evaporation method) agreed well with the calculated results: by add-
ing the multilayer film, Tachikawa et al. succeeded in reducing the solar absorptiv-
ity form 0.81 to 0.22 while maintaining the total hemispherical emissivity change 
(ΔεH = 0.42) as shown in Fig. 6b and 6c [31, 32] and illustrated in Fig. 3, together 
with other conventional passive thermal control materials.

After the above-described fundamental studies, the research group aimed at fur-
ther improving the performance of SRDs (ceramic tiles) and reducing their manu-
facturing costs and weight [33, 34]. For an on-orbit verification test, the developed 
SRDs  (La0.775Sr0.115Ca0.11MnO3) with an improved optical properties were mounted 
on the asteroid explorer “HAYABUSA” (MUSES-C) launched in May 2003 [35] 
and the small satellite called the innovative-technology demonstration experiment 
“REIMEI” (INDEX) launched in August 2005 [36]. Figure  8 exhibits the SRDs 
mounted on HAYABUSA under assembly. During the course on the orbit, the dis-
tance from the spacecraft to the sun varied from 0.86 au to 1.70 au, which means 
that the spacecraft experienced solar heat flux variation by a factor of 4. The on-
orbit temperature history of the on-board SRDs demonstrated that the temperature 
variations of these components could be successfully minimized while saving the 
heater power, as expected [35].

Most of the LSMO research since 2010 has been related to their thin film manu-
facturing methods aimed at improving emissivity changes. These studies include the 

Fig. 7  Experimental results of the total hemispherical emissivity of polycrystalline  La1-xSrxMnO3 (x = 0, 
0.15, 0.175, 0.2, 0.3, and 0.4) corresponding to those of electrical resistivity shown in Fig. 5. Reprinted 
by permission from Springer Nature [20], Copyright (2022)
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assessment of  La0.8Sr0.2MnO3 thin films grown on quartz glass at room temperature 
with the DC magnetron sputtering of an LSMO compound, followed by post-anneal-
ing [37]; LSMO films deposited on Si(100) substrates by DC magnetron sputter-
ing followed by air annealing (Δε = 0.45) [38]; painting-type  La0.8Sr0.2MnO3 coating 
with Δε > 0.3 [39];  Sm1–xSrxCoO3 with the same perovskite-type structure as LSMO 
prepared by the conventional solid-state reaction method [40]; and magnetron sput-
tered  La0.7Sr0.3MnO3–δ films implanted with oxygen ions and various negative 
pulsed voltages (10–50 kV) by plasma immersion ion implantation [41]. Shen et al. 
studied the effect of Sr doping on the structure and emissivity of LSMOs prepared 
on MgO (100) substrates by pulsed laser deposition, and they obtained (Δε = 0.28 
for  La0.8Sr0.2MnO3 [42]. Wang et al. prepared dense LSMO bulk ceramics by spark 
plasma sintering to study the temperature dependence of these materials’ transport 
behavior and thermochromic property as a function of the Sr concentration [43]. Liu 
et al. calculated the emissivity of LSMO by using a generalized gradient approxima-
tion exchange–correlation functional in the first-principles method [44].

More recently, methods of preparing LSMOs have been studied, includ-
ing a coating prepared on an yttria-stabilized zirconia (YSZ) substrate by sol–gel 
 La1–xSrxMnO3 (x = 0.125, 0.175, and 0.2) nanoparticles, and a binder composed of 
terpineol and ethyl cellulose [45, 46];  La0.7Sr0.3MnO3 films deposited by a magne-
tron sputtering technique on different substrates [47]; K-doped manganite oxide pre-
pared by magnetron sputtering [48];  La0.7Ca0.3–xKxMnO3 coatings with Δε values 
up to 0.46 [49]; and K-doped  La0.7Ca0.3–xKxMnO3 (LCKMO, x = 0.05, 0.10, 0.15, 
and 0.20) synthesized by the conventional solid reaction method [50].

Fig. 8  (a) The SRD mounted on HAYABUSA, an asteroid explorer which was launched in May 2003, 
under assembly, (b) SRD (Type3  La0.775Sr0.115Ca0.11MnO3): size = 40 mm × 40 mm × 70 μm (single tile), 
weight = 461 g/m2, εH = 0.23 to 0.64, and αS = 0.81 [12]. Since the angle of solar radiation on Hayabusa 
was always controlled from above (in photo (a)), there was no solar radiation on the SRD installed on the 
side of the structure
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Several studies have used vanadium dioxide  (VO2) as another thermochromic 
material. Multifunction smart coatings for space applications were described based 
on a passive thin-film structure employing VOn transition metal oxides [51]. Wang 
et al. fabricated a multilayer film consisted of  VO2,  HfO2, and Ag, and they observed 
its reversible change of emissivity from 0.13 °C at 30 °C to 0.68 °C at 80 °C [52]. 
Taylor et al. proposed a  VO2-based Fabry–Perot emitter for dynamic radiative cool-
ing applications [53], and they achieved a total emittance increase from 0.14 at room 
temperature to 0.60 at 100 °C [54]. They also fabricated a  VO2-based nanophotonic 
variable emissivity coating for cold space environments [55]. Ueno et al. proposed a 
multifunctional passive thermal control device that focuses not only on the variable 
emissivity characteristics of  VO2 but also on the changes in thermal conductivity 
and specific heat in the vicinity of the phase transition temperature [56].

There are several examples of research using electrochromic materials aimed at 
spacecraft temperature control. A variable emittance panel for a nanosatellite built 
with thin films of the electrochromic material tungsten oxide  (WO3) deposited by 
sputtering was proposed by Larsson et al. in 1999 [57]. They measured the IR emis-
sivity modulation (Δε) of  WO3 films deposited on indium-tin-oxide (ITO)-coated 
glass, and they observed Δε = 0.12 and 0.3 for crystalline and amorphous films, 
respectively. Hutchins et  al. determined the dependence of the IR spectral optical 
constants of electrochromic  WO3 thin films from their spectrophotometric measure-
ments of the transmittance and reflectance of variable IR reflectance devices [58]. 
Significant IR electrochromism using conducting polymers (CPs) with applications 
in thermal control panels for spacecraft was reported by Chandrasekhar et al. [59]; 
the measured emissivity variations ranged from 0.32 to 0.79 and the solar absorptiv-
ity ranged from 0.39 to 0.79 at operating temperatures from − 35 °C to + 85 °C.

Bergron et  al. developed variable absorptivity and variable emissivity devices 
made of Cu deposited on IR-transparent substrates using  Mylar® (UV/vis/near-IR) 
and ZnSe (long-wavelength IR) [60], as illustrated in Fig.  9. They obtained the 
maximum absorptivity modulation of 0.32 and the maximum emissivity modulation 
of 0.53. More recently, dodecylbenzene sulfonate acid (DBSA)-doped polyaniline 
(PANI) films were synthesized in situ on a Au/porous flexible substrate by electro-
chemical deposition, and the Δ� values of this IR electrochromic device were 0.183 
(wavelength range 3–5  μm), 0.388 (8–12  μm), and 0.315 (2.5–25  μm) depending 

Fig. 9  Cross-section and switching mechanisms of the variable absorptivity and emissivity devices. 
Reprinted with permission from [60], Copyright (2022) American Chemical Society
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on the wavelength range [61]. Zhang et  al. reported  HClO4-doped PANI porous 
films which showed modulation of the emittance variation from 0.735 to 0.316 
(Δε = 0.419) [62].

DBSA-doped PANI films electrodeposited on both sides of a gold-plated nylon 
porous membrane were investigated by Song et al.; they obtained the IR emission 
modulation of 0.43 and 0.40 at the wavelength ranges of 8–14 μm and 2.5–25 μm, 
respectively [63]. The same group also described a PANI/Au composite film 
designed with a neoteric mosaic structure [64]. Teissier et  al. developed flexible 
all-polymer electro-emissive devices for the thermal control of satellites by using a 
semi-interpenetrating network of poly(ethylene oxide) and poly(3,4-ethylenedioxy-
thiophene) (PEO/PEDOT) [65].

Other variable emissivity devices applying microelectromechanical system 
(MEMS) technology for nano- and micro-spacecraft applications have been reported 
by NASA’s research groups since the early 2000s [66–75]. More recently, Sung-
Hyon et  al. proposed a MEMS variable emissivity radiator based on the polarity 
change of electrodes by using the electric charge of silicon beads whose effec-
tive emissivity at the closed mode was 0.63 and 0.31 at the open mode [76, 77]. A 
MEMS radiator with a diaphragm spring structure was developed by Ueno et al. [78, 
79], and they reported that by changing the gap between the diaphragms with low-
voltage switching, the heat flux at ON–OFF was notably changed.

4.2  RF‑Transparent and/or Tunable αS/εH Thermal Control Materials

Spacecraft on orbit internally generate electronics waste heat of several hundred 
watts to a few kilowatts. On the ground, the internal power dissipation can be cooled 
by convection or a refrigerator and released into the atmosphere. However, since the 
space environment is a vacuum, the internal power dissipation must be rejected to 
space only by radiation, as explained in Sect. 4. In order to keep the temperature of 
the spacecraft low, it is necessary to reduce the incident energy input from the sun 
and to increase the total hemispherical emissivity of the radiator. An optical solar 
reflector (OSR) or a second-surface mirror (SSM), which have been conventionally 
used for this purpose, have a structure in which a metal is vapor-deposited on the 
back surface of glass, as illustrated in Fig. 10a [10]. The IR radiation is emitted by 
using the IR characteristics of the glass itself (εH = 0.8 depending on the glass thick-
ness), and the solar radiation transmitted through the glass is reflected by the metal 
on the back surface (αS = 0.15). Quartz glass, Teflon™, and polyetherimide, which 
each has high total hemispherical emissivity, have been used as the radiator base 
material. These materials are transparent to solar radiation, and with the depositing 
of a silver or aluminum thin film on their back surface, they reflect solar radiation 
and achieve low solar absorptivity. An OSR has provided the radiator function by 
two different composites of quartz glass or Teflon and a thin metallic film.

However, quartz glass is heavy, Teflon is vulnerable to radiation, and poly-
etherimide is vulnerable to ultraviolet radiation; the use of these base materials as 
lightweight and space environment-resistant radiators in unconventional long-term 
interplanetary missions should thus be avoided. In addition, in the case of an inner 
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planetary orbit, it is necessary to install radiators not only on the structure of the 
spacecraft but also on the antenna, and the radiator needs not only to reject heat but 
also to transmit radiofrequency (RF) energy. The thermal control material used for 
the path of the antenna beam must be almost 100 % transparent to RF. A conductive 
metal that is not transparent to RF therefore cannot be used for the thermal control 
material that covers the antenna. Ge-coated  Kapton® has been used as an RF-trans-
parent antenna cover, but this material has high solar absorptivity (αS = 0.45) and 
cannot be used for inner planetary orbits with high solar radiation intensity [80]. It 
is important to note that, to the best of our knowledge, no studies of this topic have 
been published, other than the papers introduced below.

Fig. 10  (a) The structure of a conventional optical solar reflector (OSR) and (b) the basic concept of a 
controlled optical surface film (COSF)
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To deal with the above-mentioned problems, radiators with the following novel 
functions have become necessary. (1) It has RF transparency and tunable αS/εH 
(or an αS/εH smaller than that of an OSR) at the same time, (2) it has high space 
environmental resistance, and (3) it is lightweight and has flexibility that can be 
easily applied to curved surfaces. Tachikawa et  al. first proposed a unique RF-
transparent radiator film that has all of the above functions: they called this new 
thermal control mirror “controlled optical surface film (COSF)” [80–82]. As 
shown in Fig. 10b, a polyimide film  (UPILEX®-S) with a large εH value that is 
lightweight and has both space environmental resistance and RF transparency is 
used as the base material, and an RF-transparent dielectric multilayer film is used 
for the surface. In this radiator, short-wavelength solar radiation is reflected by 
the dielectric multilayer film that allows RF transmission on the front surface, and 
long-wavelength solar radiation transmitted through the polyimide is reflected by 
the dielectric multilayer film on the back surface. At the same time, the radiator 
as a whole maintains high total hemispherical emissivity.

The biggest challenge is how to optimally design the multilayer film of such an 
RF-transparent radiator. Although there are many studies and standard methods 
for designing ordinary narrow-band optical interference filters that block or trans-
mit specific wavelengths [83–85], there has apparently been no research about 
optimizing the optical constants refractive index n(λ) and the extinction coeffi-
cient k(λ) of multilayer films in such a wide band (0.25–100 μm) for ground uses 
other than space thermal control use. A method for designing a COSF with the 
proposed film structure (Fig.  10b) by using a genetic algorithm (GA) has been 
developed [30, 80]. Figure 11a presents the design flowchart of a COSF created 
with the use of a GA corresponding to the film structure; the multiple reflection at 
the boundary surface between the mth and (m + 1)th layers in the multilayer film 
on the substrate is described in Fig. 11b. The equations used to calculate the solar 
absorptivity αS and the total hemispherical emissivity εH of the radiator from the 
optical constants (nm, km)and the film thickness dm of the constituent mth layer 
film materials are described below [86]. The spectral reflectance at the boundary 
surface with the incident angle ϴ between the mth and (m − 1)th layers can be 
recursively expressed as:

where 𝜂m = 4𝜋n̂mdm cos 𝜃m∕𝜆 ; n̂m = nm − ikm is the complex refractive index of the 
mth layer; and rm represents the Fresnel coefficient. The spectral reflectance of the 
multilayer film is thus given as follows:
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 are the s-polarization reflectance and p-polarization reflec-
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Fig. 11  (a) Design flowchart of a controlled optical surface film (COSF) using a genetic algorithm (GA) 
and (b) the multiple reflections in a multilayer film to calculate the spectral reflectance
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of the total hemispherical emissivity εH is calculated by the integration of the spec-
tral reflectance in the wavelength range from 0.25 μm to 100 μm, expressed as:

where T is the absolute temperature of the sample and ib (λ,T) is the spectral inten-
sity of blackbody radiation at temperature T. The 0.25- to 100-μm spectral region 
contained approx. 97.8 % of the emissive power at 173.15  K and > 99.7 % at 
373.15 K, which are an acceptable approximation for engineering applications. The 
solar absorptivity αS is calculated by the integration of the spectral reflectance in the 
wavelength range from 0.25 μm to 2.5 μm:

where JS (λ) indicates the spectral solar radiation intensity; the spectral region 
between 0.25 μm and 2.5 μm covers approx. 96 % of the solar radiation intensity. 
The inconsistency of the maximum wavelength of integration in the case of the total 
hemispherical emissivity in Eq. 6 is due to experimental constraints, but this is suf-
ficient for outer planetary orbits where the solar radiation intensity is relatively low.

Here, we will not go into the details of designing a dielectric multilayer film 
with a GA [80]; we will simply provide a comparison of the calculation results 
of the optimum design with the experimental results of the multilayer film radia-
tor created according to the design. Figure  12 illustrates the comparison of 
designed values with the measured spectral reflectance and the total hemispheri-
cal emissivity together with the RF transmittance of a COSF and other conven-
tional thermal control materials [80]. The substances used for the multilayer film 
were  Ta2O5,  TiO2, Ge,  SiO2, and Si, with a maximum of 42 layers and an overall 
thickness of approx. 80 μm. With this comparison, it became clear that the solar 
absorptivity and the total hemispherical emissivity of a COSF can be indepen-
dently designed and produced to any desired values with almost 100 % transpar-
ency to RF. In addition, one of the major merits of a COSF as a radiator is that 
the αS can be set to 0.1 or less (an αS/εH value smaller than that of an OSR), and 
thus, the COSF can be applied to orbits with high solar radiation intensity.

At the same time, as explained above in Sect. 3, new thermal control materi-
als must be degradation-tested in a space environment. For an on-orbit verifica-
tion test, the developed COSFs were mounted on the International Space Station 
(ISS) and exposed to the ISS orbit space environment from 2016 to 2020, as 
shown in Fig. 13. There were no detectable changes in the solar absorptivity of 
the COSF samples recovered from the 1-year, 2-year, and 3-year exposure tests.
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4.3  Passive Re‑deployable Radiator with Advanced Materials

The variable emissivity materials and RF-transparent and tunable αS/εH materials 
introduced in the previous two sections are passive space thermal control materials 
that can replace the conventional louvers and OSR, respectively, at the very least; 
they possess the additional benefits of being extremely lightweight with zero energy 
consumption. On the other hand, these materials could be considered for installa-
tion in the structure of a relatively small satellite with heat rejection up to several 
hundreds of W. When the internal heat generation is large, the required amount of 
heat rejection cannot be achieved. Deployable radiators are thus suitable to base heat 
rejection of up to several kW by expanding the radiator area of the spacecraft to the 

Fig. 12  Comparison of designed values with measured (a) spectral reflectance in the wavelength range 
0.26–2.5 μm, (b) total hemispherical emissivity, and (c) RF transmittance of a COSF at X-band (used for 
radar and satellite communication) and other conventional thermal control materials including Al-coated 
Kapton and Ge-coated Kapton. Reprinted by permission from AIAA [80], Copyright (2022)
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outside; these radiators have been widely employed [87]. The deployable radiators 
have also been used in combination with fluid loops, but this configuration has the 
drawbacks of being complex and heavy, and requiring extra heater power because of 
the large amount of heat rejection (loss) at low temperatures. In this context, there 
is a demand for a reversible deployable radiator that can expand the radiator area to 
increase heat rejection from the spacecraft at high temperatures and fold the radiator 
area at low temperatures to suppress heat rejection. To reduce the weight and power 
consumption, a passive mechanism using the functional characteristics of advanced 
materials is also desirable. In this section, we will review the research examples of 
radiators with heat rejection and heat retention functions, and we introduce a study 
examining the potential of fully passive re-deployable radiators with no energy 
consumption.

The concept of a deployable/stowable radiator has been around since the 1970s: 
Cox et  al. proposed a radiator that can be deployed and stowed by expanding the 
radiating surface using volume expansion due to the evaporation of fluid [88]. Their 
group was ready to develop an engineering model for the Space Shuttle experiment, 
but the model was never demonstrated on orbit. Since then, no research has been 
conducted on reversible deployable radiators. In recent years, however, research 
concerning reversible deployable radiators has been active toward the development 
of radiators for ultra-small satellites that have strict restrictions on the heat rejection 
area, mass, and power resources, and to meet the demand for deployable radiators 
that can respond to both the high- and low-temperature environments encountered in 
planetary exploration missions.

Figure 14 shows a new inflatable radiator that is comprised of the combination of 
a fluid loop composed of a highly thermal-conductive pyrolytic graphite and a flex-
ible tube, developed by Groot et al. [89]. A breadboard model was constructed for 

Fig. 13  (a) The Advanced Radiator Material (ARM) module mounted on the Exposed Experiment Hand-
rail Attachment Mechanism (ExHAM) at the Japanese Experiment Module “Kibo” on the International 
Space Station (ISS), and (b) the COSF (30-mm-dia. with εH = 0.77 and αS = 0.07measured on the ground) 
under a degradation test on the ISS orbit carried out from 2016 to 2020 (the exposed material for the first 
year was recovered in September 2017 and others were recovered in 2021). Reprinted with courtesy of 
JAXA
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the validation of the functional design. Bertagne et al. proposed a morphing radia-
tor that uses a shape-memory alloy with high thermal conductivity as a fin and a 
flow path of a single-phase fluid loop as a heat transfer medium [90]. As illustrated 
in Fig. 15, the underlying design concept is that the fins will expand completely to 
promote heat rejection at high temperatures, and the radiator will have a cylindri-
cal shape at low temperatures in order to reduce the view factor for outer space on 
surfaces with high emissivity. Lutz et  al. developed a novel vapor-pressure-driven 
variable-view-factor and deployable radiator that uses two-phase heat transfer with 
geometric features that reversibly adjust the view factor in response to internal pres-
sure in the radiator with temperature variations [91].

A steerable spacecraft radiator with an O-ring rotary joint capable of operat-
ing with anhydrous ammonia as a working fluid was proposed by Thurn et al. [92]. 
The above-mentioned research concerns radiators that can be reversibly expanded 
and stowed by using the pressure change of the fluid, but the structure becomes 

Fig. 14  A system overview of an inflatable radiator [89]

Fig. 15  A conceptual illustration of the morphing radiator design. Reprinted from [90], Copyright 
(2022), with permission from Elsevier
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complicated because the volume change of the fluid is used as the driving force. 
There are also reversible deployable radiators that do not use fluids. A radiator struc-
ture, in which four aluminum alloy plates are connected by a flexible thermal strap, 
plus a radiator that can be actively expanded and collapsed by combining with an 
actuator subsystem using electric power were demonstrated by Mulford et al. [93]. A 
passively actuated radiator with four triangular fins for microsatellites was proposed 
by Cannon et  al. [94]. By using bimetallic coils as the actuator, zero power con-
sumption and a simple structure are realized.

Nagano et al. [95, 96] focused on the use of a pyrolytic graphite sheet (PGS), 
which has characteristics of high thermal conductivity, light weight, and flexibil-
ity. Prior to the conceptual design of the thermal control device, they measured 
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Fig. 16  (a) Laser-heating AC calorimetric method to measure the high and anisotropic thermal conduc-
tivity of a pyrolytic graphite sheet (PGS) and (b) experimental thermal conductivity results. Reprinted by 
permission from AIAA [96], Copyright (2022)
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its thermal conductivity, total hemispherical emissivity, and solar absorptivity 
and evaluated the effect of proton irradiation on the thermal conductivity con-
sidering the purpose of space applications [97]. Figure  16 illustrates the laser-
heated AC calorimeter method for measuring the high and anisotropic thermal 
conductivity of the PGS, plus the experimental results [96]. By using PGS, which 
has excellent thermophysical properties as a thermal control material for space 
use, as a base material, Nagano et al. created a prototype of a passive deployable/
stowable radiator, i.e., a reversible thermal panel (RTP) [98], which is composed 
of flexible high-thermal-conductive materials and a passive reversible actuator. 
The RTP changes its function from a radiator to a solar absorber by deploying/
stowing the reversible fin upon changes in the heat rejection and thermal environ-
ment. The conceptual design and a detailed cross-sectional view of the RTP are 
illustrated in Fig.  17. Observations of the RTP’s heat rejection performance in 
an autonomous thermal control test on the ground together with a comparison of 
the experimental and numerical analysis results were carried out [99]. Currently, 
the RTP is being fabricated and tested toward its installation in the deep space 
exploration satellite “Demonstration and Experiment of Space Technology for 

Fig. 17  (a) A Conceptual design of a reversible thermal panel (RTP) utilizing characteristic thermophysi-
cal properties of a PGS and (b) the detailed structure of the RTP. Reprinted by permission from AIAA 
[98], Copyright (2022)
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INterplanetary voYage, Phaethon fLyby and dUst Science” (DESTINY +) being 
developed by JAXA [100].

5  Insulation

A spacecraft’s insulation system keeps the temperature of the spacecraft structure 
and on-board equipment within an allowable limit by blocking the heat input due 
to solar radiation and heat conduction from other equipment, and by blocking heat 
output from on-board equipment. The on-board equipment that needs to be insu-
lated includes mainly batteries, internal propellant tanks, propellant piping, valve 
modules, electronic equipment with a small heat capacity, and sensors. Multilayer 
insulation (MLI) is the most widely used passive thermal control element for space. 
When used inside a spacecraft, the MLI consists of a stack of 8–15 layers of double-
sided aluminum vapor-deposited polyester film that reduces the radiative heat trans-
fer between layers, plus a polyester net that reduces conduction heat transfer between 
films (Fig. 18a). Regarding the MLI used for the outer surface of a spacecraft, an 
aluminum-deposited polyimide film that has a different number of layers from the 
internal MLI and has high heat resistance, radiation resistance, and ultraviolet resist-
ance is generally used for the outermost layer and the innermost layer [12]. The MLI 
is expected to be used in a vacuum, and its thermal insulation effect is not very high 
in the atmosphere [10].

In practical insulation systems, it is also important to take into account the seams, 
joints, fasteners, and edge effects of MLI installation. Schuler et  al. developed 
a unique polymer for use in twisted and braided sewing threads that has excellent 
space durability compared to other conventional organic polymers for applications 
in low Earth orbit [101]. Cotoros et al. described the design and modeling of depres-
surization during a spacecraft launch through X-slits cut into the insulation blan-
ket and Velcro strips taped along the sides [102]. Insulation systems for cryogenic 
applications in space have also been studied. These systems include aerogel beads 
as the insulation material in both vacuum and no-vacuum conditions [103], variable 
density multilayer insulation with different configurations and spacers for cryogenic 
propellant storage on orbit designed for long-duration missions [104], a composite 
insulation system of spray-on foam insulation and multilayer insulation/variable 
density multilayer insulation for cryogenic propellant in space applications [105], 
electrostatic testing of MLI for in-space cryogenic vehicles to understand the charge 
build-up that multiple different outer covers would generate in both low-earth orbit 
and geostationary orbit [106], and an experimental investigation of a combination of 
a vapor-cooled shield and multilayer insulation [107].

Insulation systems capable of tolerating operating pressures from one atmosphere 
to a vacuum have been investigated. Mills et  al. reported a composite multilayer 
insulation that is cellular load-responsive and provides better thermal performance 
in both atmospheric conditions and in the vacuum of space [108]. Johnson et  al. 
demonstrated a hybrid MLI system comprised of load-bearing MLI and traditional 
MLI [109]. In terms of new materials that differ from traditional MLI, there have 
been a few experimental studies of discrete polymeric spacers between reflective 
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layers instead of either  Dacron® or silk netting [110], and polyimide foam [111, 
112].

There have not been many studies in the EU or the US to further improve the 
insulation performance of MLI systems. One of the reasons for this may be that in 
these countries, it is possible to use heat sources with radioisotopes. Other countries 
including Japan do not have such a heat source, and it is thus necessary to improve 
the insulation performance of spacecraft that will be in outer planetary orbits with 
low solar intensity, to the utmost limit. For example, the heat loss through the seams 
in MLI is not negligible; it has been estimated as 50 % of the total heat loss across 
the MLI [113]. The quantitative effects of the size and aspects of the hem process-
ing such as overlap, seams, and patches on the thermal performance of MLI are 

Fig. 18  (a) Typical structure 
of conventional multilayer 
insulation (MLI) and its instal-
lation, and (b) the structure of 
polyimide foam (PF)-MLI and 
its installation without seams or 
Velcro [116]
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described in References [114, 115]. Takagi et al. first proposed new thermal insula-
tion composed of polyimide foams (PFs) [116], and multiple aluminized films (PF-
MLI) have the potential to be used in outer space as an alternative to conventional 
MLI as shown in Fig. 18b. In addition, PF has the ability to retain its shape; it is 
both possible to design seamless insulation containers and to attach insulation to 
spacecraft panels without Velcro, as illustrated in Fig. 18b [116].

The PF under the trade name of  UPILEX® has characteristics of high heat resist-
ance up to 674  K, high durability against protons, electrons, and UV irradiation, 
high electrical insulation capability, low outgas, and low density. Figure 19 shows 
the bulk appearance, a scanning electron microscopy image, and a 3D X-ray CT 

Fig. 19  (a) Bulk appearance of polyimide foam BF301, (b) SEM image of the inner structure of BF301, 
and (c) 3D X-ray CT image of BF301 taken at BL19B2 of Spring8 at the Japan Synchrotron Radiation 
Research Institute. Reprinted by permission from Springer Nature [111], Copyright (2022)

Table 2  Porosity and density of each type of polyimide foam determined by X-ray CT images with a 
dodecahedron model. Reprinted by permission from Springer Nature [111], Copyright (2022)

BF301 BP101 BP021 BP011

Density (kg·m−3) 6.67 27.73 117.83 242.63
Porosity (%) 95.4 92.4 73.1 61.7
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image of PF. The porosity and density values of each type of PF determined by 
X-ray CT images with a dodecahedron model are provided in Table 2 [111]. Fig-
ure  20 plots the thickness dependence of spectral IR transmissivity of the lowest 
density PF, BF301. Takagi et  al. measured the thermal conductivity of the PF by 
both the periodic heating method and the guarded hot-plate method (Fig. 21a) in the 
temperature range of 160–370 K and the density range of 6.67–242.63 kg·m−3 in 
both vacuum and atmospheric conditions. The temperature dependence of the effec-
tive thermal conductivity of BF301 is shown in Fig. 21b in a comparison with that 
estimated by means of the lattice Boltzmann method based on a dodecahedron inner 
microscopic complex structure model which reflects a real 3D X-ray CT image of a 
PF (Fig. 19c). More recently, Tomioka et al. developed a RF-transparent insulation 
material (called RT-MLI) [117] by combining polyimide foams with the COSF tech-
nology introduced above in Sect. 4.2.

6  Conclusion

The latest advanced passive thermal control materials and devices for spacecraft 
have been summarized above: variable emissivity thermal control materials and 
MEMS, RF-transparent and/or tunable solar absorptivity and total hemispherical 
emissivity thermal control materials, passive re-deployable radiators with advanced 
materials, and insulation. As the number of manned spacecraft, including commer-
cial spacecraft, increases in the near future, and since the spacecraft are expected 
to operate with higher energy consumption over longer lifespans than the existing 
spacecraft, it is increasingly important to develop advanced thermal control tech-
nologies that meet the requirements of these spacecraft’s unprecedented missions. 
In order to meet the new needs of unmanned space missions such as planetary 

Fig. 20  Thickness dependence 
of spectral infrared transmissiv-
ity of the lowest density poly-
imide foam BF301. Reprinted 
by permission from Springer 
Nature [111], Copyright (2022)
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exploration, the further functionalization of radiators and improvements in heat 
insulation performance will always be required in order to accurately maintain the 
allowable temperature of spacecraft in low- and high-temperature conditions. If 
these advances in technology are realized, it will be possible to keep the temperature 
changes and internal temperature distribution of the spacecraft (due to external heat 
input) small throughout the mission. As a result, the heater power will be reduced, 
the number of solar cell panels will be reduced, the mass of the spacecraft will be 

Fig. 21  (a) Thermal conductivity measurement apparatus in a vacuum using the guarded hot-plate 
method. The guarded hot-plate is suspended in a chamber, and the temperature difference and the heat 
flux between the plate heater and the main heater are then measured under steady-state conditions. (b) 
The temperature dependence of the effective thermal conductivity of polyimide foam BF301 in a vacuum 
determined by the periodic heating and the guarded hot-plate experiments compared with the estimated 
values using the lattice Boltzmann method. Reprinted by permission from Springer Nature [111], Copy-
right (2022)
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reduced, and finally the cost of the entire mission will be reduced and the reliability 
will be improved.

Regarding radiators, it is necessary to further research and develop radiators that 
can control the temperature of various parts of the spacecraft more individually 
and precisely. The creation of a new device that can sharply change the emissivity 
from 0 to 1 at any desired temperature by further enhancing the function of SRDs 
is needed. The continued development of COSF technology will enable the devel-
opment of fine-tuned, custom-made thermal control materials (such as COSFs for 
antennas) that are tailored to the characteristics of the individual on-board equip-
ment of the spacecraft. In the methods used to adjust the amount of heat rejection 
by changing the effective heat rejection area of the radiator, it is necessary to fur-
ther study the application of MEMS technology in a very small area. For larger heat 
rejection scales, it is essential to develop a passive variable-area radiator with no 
energy consumption by using the advantages of characteristics such as those of high 
thermal conductivity materials.

With respect to insulation materials and their installation method, it will always 
be useful to reduce the energy consumption of spacecraft by improving the perfor-
mance of new foamed heat-insulating materials such as PF and MLI hem processing 
(edge finishes such as seams, overlap, and patches). Regarding thermophysical prop-
erties research, as the missions to the inner and outer planets advance, it is necessary 
to develop and improve new advanced measurement techniques with higher accu-
racy in a wide temperature range of thermophysical properties such as solar absorp-
tivity, total hemispherical emissivity, and thermal conductivity. Thermal control 
technologies that will be developed in future will not only replace existing technolo-
gies but will also offer entirely new options for the thermal design of spacecraft and 
on-board equipment. Thermophysics in space applications will become even more 
important in the rapid qualitative and quantitative expansion of space utilization in 
the near future and in the thermal design of spacecraft with an emphasis on cost and 
safety.
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